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Flutter Analysis of Anisotropic Panels with Patched Cracks

Kuo-Jiun Lin,* Pong-Jeu Lu,t and Jiann-Quo Taint
National Cheng Kung University, Tainan, Taiwan, Republic of China

A finite element approach is developed to analyze the panel flutter problems of thin plate-like composite panels
with patched cracks. The panel studied is a compound structure that comprises three layers including a thin
cracked panel, an adhesive, and a thin patch. A 48-degree-of-freedom (DOF) triangular crack patching element
is derived for numerically analyzing the compound structure. The aerodynamic pressure acting on the panel is
estimated using linearized piston theory with aerodynamic damping effect neglected. By a proper tailoring of the
materials, very high flutter and/or divergence boundary could usually be obtained for the composite panels. The
existence of a crack usually reduces the aeroelastic stability boundary; however, some exceptions were found for
the composite panel within certain range of specific filament orientation. The deterioration in flutter/divergence
performance due to a crack can, in general, be cured by means of patching, and anisotropic patching is more
effective as compared to the isotropic patching provided that the tailoring of the structural parameters is done
correctly.

I. Introduction

A RELIABLE and accurate flutter analysis is of primary
importance in the flight vehicle design. The onset of flut-

ter would quickly develop into either catastrophic structural
failure or undesirable limit cycle type oscillation. The local
panel flutter of the vehicle could be essential for a global
flutter to occur. For instance, the initiation of cracks in wing
structure is not unusual as they may be produced by either
molding, fatigue, or impact damage.1'2 These defects could
induce extremely high stresses around the cracktip regions
and, thus, precipitate structural failure. When cracks are
present, this local structural problem may have significant
influence on the local flutter/divergence of the panel structure.
The onset of the local aeroelastic instability may cause the
failure of the cracked panel and cumulatively affect the global
structure as well as the airload distribution and finally result in
an earlier primary wing structure failure.

Recently, a work concerning the supersonic flutter behavior
of isotropic thin cracked panels was conducted by Chen and
Lin.3 Their approach combines the hybrid crack/regular ele-
ments and the linearized piston theory. The fact that cracks
decrease the flutter speed stimulates the present study attempt-
ing to use crack repairing to remedy the undesirable influence
induced by cracks. In this regard, Mitchell et al.4 and Jones et
al.5~8 have proposed the use of an adhesively bonded compos-
ite patch to repair flaws in metallic and/or composite struc-
tural components. Mitchell et al.4 adopted the triangular, con-
stant strain, plane stress finite elements for both the cracked
metallic sheet and the composite overlay, together with the
shear-stiffness finite element for the adhesive layer, to study
the interactions between the three layers. Their computed re-
sults of strains are, for the most part, in good agreement with
the experimental ones. Jones et al.5~8 developed a crack patch-
ing finite element model to solve the stress field of a cracked
composite sheet with a bonded composite patch. The model
involves a triple-linear distribution of the transverse shear
stresses across the thickness of the sheet-adhesive-patch com-
pound structure. Their procedure has been successfully used in

repairing static problems such as stress corrosion cracks in the
wings of Hercules aircraft and fatigue cracks in the landing
wheels of Macchi aircraft and in the lower wing skins of Mi-
rage III aircraft.9'11

The present work attempts to develop a finite element
method to study the patching repair effect on the aeroelastic
characteristics of composite cracked panels. A crack patching
model designed for patch-adhesive-panel compound structure
is established. This model assumes a continuous triple-linear
displacement field across the thickness of the compound struc-
ture, in which both patch and cracked panels are considered to
be symmetrically laminated composites and modeled as thin
plate-like structures. In this triple-linear displacement field,
the bending and in-plane stretching displacements are uncou-
pled for both patch and panel components. These two differ-
ent displacement fields in patch and panel are coupled through
the bonding action of adhesive layer. Based on this compati-
ble displacement field, a 48-DOF triangular crack patching
finite element is constructed. This crack patching element con-
sists of a simple 6-DOF plate stretching element (T6 element)
and a high precision 18-DOF plate bending element (T18 ele-
ment). The latter has been employed in conjunction with the
doublet-lattice method and the linearized piston theory for the
flutter analyses of composite plates in subsonic12 and super-
sonic13 flows, respectively. It has been demonstrated that the
T18 element, as assisted by proper aerodynamic theory, makes
a rapid convergent and accurate method in predicting the flut-
ter boundary of thin plate-like structures.

In the present work, validity flutter and free-vibration tests
are performed first for uncracked composite, cracked, and
patched cracked isotropic panels. Agreement between the
present computed results and those of the others3'14"17 is ob-
tained. The effects of composite tailoring on the flutter/diver-
gence behavior for square cantilevered panels with or without
cracks are then investigated. Finally, the patching repair of
cracked panels is illustrated, and the results show substantial
improvement of the flutter/divergence performance provided
that aeroelastic tailoring is done correctly.
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II. Analysis
The structural model considered in the present study is a

compound structure shown in Fig. 1. It is made of a single
patch and a through-thickness cracked panel (or sheet) bonded
together by an isotropic adhesive layer. Both patch and
cracked panel are assumed to be thin and symmetrically lami-
nated composite plates^ The fluid flow considered _is an
airstream passing over the cracked panel with an angle 0 mea-
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sured counterclockwise from the x axis as illustrated in Fig. 1,
where 05 and 6P denote the composite filament angles of the
sheet and the patch, respectively. The fluid entrapped on the
other side under the cracked panel is assumed stationary. It is
assumed that the effect of the induced acoustic phenomenon
within cavity is negligible. Therefore, the linearized piston
theory18'19 is applied only on the upper side of the cracked
panel when estimating the airloads acting on the compound
structure.

A. Crack Patching Model
In the development of the finite element technique, the fol-

lowing assumptions for the crack patching model are made.
1) Both sheet and patch act as thin plates; therefore, the

displacement fields of these two layers obey the classical lami-
nation theory.

2) The transverse first derivatives of the displacement field
in the adhesive layer are assumed constant.

3) The effect of crack tip singularity is not important,3

hence, it is neglected.
4) The overlapping and contact problems on the crack faces

are ignored because they can only induce local effects20 on the
global structural behavior.

Assumptions 1 and 2 simplify the displacement field that
contains a continuous triple-linear distribution across the
thickness of the sheet-adhesive-patch compound structural
component (see Fig. 2). Therefore, the transverse shear
stresses TXZ and ryz exist only in the adhesive layer and are
absent in the patch and sheet. This approximation may over-
estimate the crack tip stress intensity factors only by a few
percent, as indicated by Jones and Callinan.6 The third as-
sumption has been shown to be acceptable by Chen and Lin3

for panels immersed in a certain range of the flow orientation,
for example, the flow orientation ranged from - 30 to 30 deg
with respect to the direction of fixed edge for a square iso-
tropic cantilevered panel with edge crack.

The last assumption concerning the overlapping problem
that occurred at the crack faces is actually a matter of simpli-
fying the finite element treatment. It will be seen later that two
sets of nodes should be imposed along the opposite edges of
the crack interface. The displacement fields for these two sets
of edge nodes are allowed to move independently to account

Fig. 2 Pattern of assumed deformation across the thickness of the
compound structure.

for the geometric discontinuity of the crack faces. By this
token, the overlapping problem may occur between these two
nodes for plates undergoing bending and/or stretching mo-
tion. This, of course, is physically unrealistic. To remedy this,
the contact treatment should be considered. Bowie and
Freese20 have studied these problems for both strip and infinite
sheets subject to static in-plane bending. They indicate that
neglecting the overlapping and contact effect may underesti-
mate the stress intensity factor at the crack tip in the tensile
field by approximately 9%. This error in local stress field is
therefore realized to be of little influence when analyzing the
global structural behavior such as flutter, hence, it is neglected
in the present work.

Based on these assumptions, the displacement field (w,v ,w)
in the (x,y,z) directions within the sheet can be expressed as

dws= us(x,y,t) - z-

dwv(x,y,z,t) = vs(x,y,t) - z-

w(x,y,z,t) = ws(x,y,t)

(la)

(Ib)

(Ic)

for
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Fig. 1 Configuration of the compound structure: 0 flow angle; 05,
Bp composite filament angles for sheet and patch, respectively.

where us, v5, and w5 are the middle surface displacements of
the sheet, t the time, and ts the total thickness of the sheet. The
middle surface of the sheet is taken to be in the plane z =0.

Similarly, the expressions for the displacement field within
the patch can be found to be

u(x,y,z,t) = up(x,y,t) + ( ^ + ̂  + f f l -^ ̂  (2a)

5wnv(x,^,z,0 = Vp(x,.y,0 + f ̂  + ̂  + ta-z\ (2b)

(2c)

for

(ts/2) + ta < Z < (ts/2) + ta

where up, vp, and wp represent the middle surface displace-
ments of the patch and tp and ta denote the total thicknesses
of patch and adhesive, respectively.

As for the adhesive layer, assumption 2 suggests that

u(x,y,z,t) = bi(x,y,t)z (3a)
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for

v(x,y,z,t) = a2(x,y,t) + b2(x,y,t)z

,z,t) = a3(x,y,t) + b3(x,y,t)z

(ts/2)<z<(ts/2) + ta

(3b)

(3c)

The coefficients a\ and bj (/ = 1,2,3) are determined from the
values of the displacements w, v, and w on both interfaces of
adhesive patch and adhesive sheet, which can be expressed in
terms of the middle surface displacements of the patch and the
sheet. The explicit form of the displacement field within the
adhesive layer, hence, is found to be

.„.,.,.,,_ 1+ .
tst

It a

ts _z_
2ta tttt

dw

ts . t

(4a)

ts
2/1

tn \ 3Wnir* (4b)

(4c)

for

B. Finite Element Formulation
Once the displacement field is determined, it becomes

straightforward to derive for the finite element formulation.
In the present study, the high precision 18-DOF triangular
plate bending element (T18 element) and the simple 6-DOF
triangular plate stretching element (T6 element) are adopted
respectively to simulate the bending and stretching of the com-
pound structure.

The T18 element originally developed by Argyris et al.,21

Bell,22 and Cowper et al.23 requires a large matrix inversion and
integration and, hence, is time consuming in application as
opposed to its advantages being conforming and accurate.
Such a drawback was remedied by Stavitsky et al.24 through
the use of oblique and normal-tangential coordinate systems.
Recently, Jeyachandrabose and Kirkhope25'26 succeeded in uti-
lizing this improved triangular T18 element to analyze the
static plate bending problems. They pointed out that the con-
vergency rate of the improved T18 element method is almost
an order of magnitude faster than the ones originally pre-
sented.

The triangular T18 element assumes six deflection parame-
ters at each vertex, namely, the lateral displacement and its
first and second derivatives, resulting in a total of 18 DOF per
element. The stiffness [Kw]e and mass [Mw]e matrices of the
T18 element for a symmetrically laminated composite due to
bending can be obtained via a standard finite element proce-
dure (see Ref. 27 or Refs. 12 and 13 for detailed derivations).
To simulate the plate stretching effect, the in-plane middle
surface displacements of the composite laminate are approxi-
mated by linear functions in the construction of the T6
element. The T6 element is characterized by six in-plane mid-
dle surface displacements at the vertices, and the stiffness
[Kw]e and mass [Mw]e matrices of the T6 element can be
obtained readily.27

The derivation of the T18 and T6 elements forms a basis for
developing the present finite element model of the compound
structure. Since the patch layer is required to be partially adhe-

sively bounded over the cracked region (see Fig. 1 for the sche-
matic), there exist two types of elements in analyzing the com-
pound structure. One is the 48-DOF triangular crack patching
element (CPE element) for the patched region and the other is
the 24-DOF triangular plate element (T24 element) for the
unpatched region. The CPE and the T24 elements are charac-
terized, respectively, by 48 and 24 nodal displanements at the
vertices. Every vertex of a CPE element contains 16 nodal
displacements, with eight displacements (six for bending and
two for in-plane stretching) assigned for each patch or cracked
panel component. The nodal variable vector at each vertex of
a CPE element takes the following form:

1 Qc1 = \Qs\
QP]

(5)

where

! < 7 . y , / ; ) = [ " V W Wx Wy Wxx Wxy Wyy]s,p

The subscripts 5 and p represent the sheet and patch of the
compound structure. Similarly, the T24 element has the same
eight nodal displacements as defined for the sheet of the CPE
element. By considering the displacement fields expressed in
Eqs. (1), (2), and (4) together with the formulation of T18 and
T6 elements, the stiffness and mass matrices of both CPE and
T24 elements can be derived (see Ref. 27 for details).

CPE element:

[KSP]T [Kpp]

[Msp]
[Msp]T J

T24 element:

{K,]e = [0]

[0]

[0]
[*J

[0]
[Mw]e

(6a)

(6b)

(7a)

(7b)

in which the existence of the submatrices [AT/,] and [M/y]
(i,j=s,p; s and p denote sheet and patch, respectively) is
attributed to the. coupling effect of the adhesive layer (referring
to Ref. 27 for their explicit expressions). Matrices [Kp]e and
[Mp]e take the same form as Eqs. (7) by replacing the embed-
ded properties of the sheet with those of the patch.

C. Aerodynamic Forces
The aerodynamic pressure acting on the compound struc-

ture is approximated using the linearized piston theory,18'19

[ a i M2-2 a]rbr + 17172—fTr,K_ i ^a?7 KM - 1 dt\

where p is the aerodynamic pressure, positive in the direction
of the lateral deflection ws of the panel; q the freestream
dynamic pressure; V the freestream velocity defined parallel to
the stream wise rj axis; and M the freestream Mach number.
In Eq. (8), the first term in the bracket represents the steady
contribution due to local flow inclination, and the second
unsteady term is associated with the effect of aerodynamic
damping.

When expressed in the Cartesian coordinate system, Eq. (8)
becomes

(9)
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where

M2-2

The parameters X and ju, are termed the dynamic pressure
parameter of the freestream and the aerodynamic damping
factor, respectively.

It follows that the nonconservative aerodynamic virtual
work d Wnc can be written in terms of the element nodal bend-
ing displacement vector associated with the panel component

(10)

where (*) denotes a time derivative. The matrices n[CA]e and
M^L are known as the aerodynamic damping and force
matrices associated with the T18 element. The former is sym-
metric, whereas the latter is asymmetric; both are 18x18 ma-
trices and can be found in Ref. 27.

D. Flutter Equations and Solution Procedure
The flutter equations that govern the dynamic stability of

the aeroelastic system for the compound structure can now be
obtained by employing the Hamilton's principle and the finite
element assemblage process. There are two issues arising in the
assemblage process that should be carefully managed. One is
concerned with the crack interface (except for the crack tips)
where geometric discontinuity occurs in the sheet layer. The
other is concerned with the patch edge boundaries where two
different structural elements (i.e., sheets with and without
patch) connect. To take care of these two problems, two sets
of nodes that occupy the common physical locations along the
crack interface of the patch edge boundaries are imposed (see
Fig. 3), respectively. In order to represent the geometric or
material discontinuity appropriately, the associated nodal

FLUID FLOW

\\»

variables for these two sets of nodes should be kept indepen-
dent from each other along the crack interface in the sheet
layer. However, the nodal variables defined at the two sets of
nodes lying along the patch edge boundaries or the crack loca-
tion must be consistent with each other in the sheet or the patch
layer. Referring to Fig. 3, the above statements are translated
into the following nodal boundary requirements:

UJx = (QS]A' (Ha)

[QP}D = {qp}u' (lib)

and {qs }c is independent of {qs }c>.
Finishing the conduction of the assemblage process, the flut-

ter equations for the compound structure can be obtained as27

Pstsl4

with

(Mc]{q\ + ji[CcA}{q} = (0)
(12)

/4

where [Mc], [Kc], [KcA], and [CcA] represent the global mass,
stiffness, aerodynamic force, and aerodynamic damping ma-
trices, respectively; / is a reference length, and Ds denotes the
bending stiffness of the panel and is defined by

Isotropic panel:
Et?

12(1 -v2)
Anisotropic panel:

(13a)

(13b)
where E, ET, v, and ts are the Young's modulus, transverse
Young's modulus, Poisson's ratio, and panel thickness, re-
spectively.

The associated boundary conditions for Eq. (12) have been
accounted for in the establishment of the global nodal vector
{q ] . For example, in Fig. 3, the boundary conditions for the
nodes situated along the left fixed edge are specified by

u = v = w = wx = wy = wxx = wxy = 0 at y = 0 (14)

To solve the eigensystem, Eq. (12), first, the displacement
vector {q ] is assumed to be

Thus, Eq. (12) becomes

Ds

(15)

(16)

Solving Eq. (16) exactly is rather time consuming. It is,
therefore, advantageous to perform the modal analysis in or-
der to reduce the large eigensystem. In doing so, Eq. (16) can
then be reduced to a subsystem,

Ds
(!A] + ( (17)

with

Fig. 3 Schematic of the finite element mesh for the compound struc-
ture.
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where [$] denotes the modal matrix and the diagonal matrix
[co2.] contains the lower squared structural natural frequencies,
typically 10, for the present finite element method.

To ease the solution procedure, Eq. (17) can be reduced to
a standard form of the eigenvalue problem by introducing the
transformation lz}=s{q}.It follows, after some manipula-
tion, that

[ M E } [ X ] = s [ X ] . (18)

with

[ME] =

L Ds
[0]

Note that the dimension of the transformed system is doubled.
It is noted that the eigenvalues (poles) s and the corresponding
eigenvectors { q } are generally complex valued due to the
asymmetry of the aerodynamic force matrix.16 The poles will
start from the imaginary axis and then go into the complex
plane as X and JJL increase from zero. The flutter instability will
be initiated when any one of the root loci crosses the imagi-
nary axis and the corresponding value of the dynamic pressure
parameter is called critical dynamic pressure and is denoted
byX c .

III. Numerical Investigations and Discussions
The uncracked, cracked, and patched cracked panels are

examined and comparisons are made whenever required. The
structures studied herein are square, and the length of the edge
/ is taken as the reference length scale. The parametric studies
concerning the effects of filament angle and orthotropic mod-
ulus ratio of the unidirectional composites on flutter/diver-
gence behavior are conducted. The notations used for the
structural natural frequency, the critical dynamic pressure,
and the corresponding frequency will be denoted by KS, Xc ,
and KC for isotropic panels and by K'S,\'C, and KC for anisotropic
panels according to different expressions of Ds [see Eqs. (13a)
and (13b)].

The flutter solutions presented hereafter are obtained by
neglecting the aerodynamic damping effect, i.e., /i = 0. To in-
vestigate the effect of aerodynamic damping, the cases of un-
cracked cantilevered and fully simply supported panels have
been examined in Ref. 13. For the present study of patched
cracked panels, an isotropic case is tested and the result is
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Fig. 4 Critical dynamic pressure Xc vs aerodynamic damping factor
ft for a square isotropic cantilevered panel with patched edge crack
in a normal flow: f f l=0.01f5; pfl=0.674p5; Ea=Q>lEs; tp=Q.5ts;
pp =ps; Ep = ES', vs = vp = va =0.3.

Table 1 Check of the flutter solutions for a square cantilevered
panel with edge crack in a normal flow (a/I = 0.3)

Anisotropic
panel,

Solutions
Present
T18 element
(32 elements)
Present
Tl 8 element
(48 elements)
Present
T18 element
(84 elements)
Cheh and Lin3

Number
of modes

5
10
15
5

10
15
5

10
15
15

Isotropic
panel,
va=0.3

Xc

43.6
43.7
43.7
46.8
46.9
47.0
46.4
46.5
46.5
46.3

Kc

25.61
25.56
25.57
21.77
21.76
21.75
21.42
21.41
21.43
22.6

0=130deg
Xc

3.08
3.07
3.07
2.86
2.86
2.86
2.80
2.79
2.79
——

K'C

5.987
5.983
5.984
5.586
5.582
5.583
5.491
5.491
5.492
——

illustrated in Fig 4. The dashed line appearing in Fig. 4 with
slope Q = (cM//)(M2-l/M2-2), c being the_sonic speed,
represents the compatibility condition between Xc and ~jTc. It
can be seen from this figure that, for a Mach number that is
sufficiently large (M>\) or around V2, the aerodynamic
damping is unimportant since the flutter dynamic pressure
corresponding to the intersecting point of the dashed and solid
lines departs only slightly from that of the zero damping case.
Generally speaking, the damping effect is not critical for both
uncracked and patched cracked panels provided that M > 1 or
M^V2. In addition, neglecting the aerodynamic damping in
the calculation may frequently result in a conservative predic-
tion of the flutter boundary. Therefore, in the subsequent
parametric studies, the aerodynamic damping is set to be zero
for the convenient and economical reasons, at the expense of
a slight sacrifice in accuracy.

A. Validity Test of the Present Computer Code

1. Uncracked Panels
Several cases, including isotropic fully simply supported/

clamped panels and anisotropic cantilevered panels in a nor-
mal oncoming supersonic flow, have been numerically investi-
gated using the present finite element method. The results were
presented elsewhere in Ref. 13. It is found that the calculated
results are in good agreement with the referenced data14'17 for
both flutter and free-vibration calculations. It is worth notic-
ing that the present T18 element method shows a monotoni-
cally convergent trend as the number of elements increases. In
addition, the convergent rate of the present method is faster
than the 16-DOF conforming rectangular element (CRE16 ele-
ment) used by Olson,15 the 16-DOF conforming quadrilateral
element (CQ16 element) used by Sander et al.,16 and the hy-
brid-stress finite element method employed by Rossettos and
Tong.17 For all of the square panels studied, a 4 x 4 grid mesh
for a T18 element is found sufficient to yield accurate results.
Therefore, at least a 4x4 grid mesh will be used in the subse-
quent numerical experiments.

2. Cracked Panels
A check on the flutter solution is made by considering a

cantilevered panel with edge crack in a normal oncoming flow.
The results of the critical dynamic pressure and the associated
frequency parameter are listed in Table 1. For the isotropic
case, the present results agree well with those obtained by the
hybrid-displacement finite element method (HDFEM).3 In ad-
dition, the use of the 48 elements together with the lowest 10
modes yields sufficient accurate solutions for both isotropic
and anisotropic cases. Therefore, this scheme of finite element
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arrangement and number of natural modes will be used in the
following parametric studies.

3. Patched Cracked Panels
A cantilevered panel with patched edge crack (crack length

a =0.30 is illustrated in Fig. 3, where the patch to sheet area
ratio is 1:10. Calculation using 10 modes is found to be suffi-
cient to yield convergent flutter solutions for patched panels.
Four different compound structures have been chosen to illus-
trate the effect of patch to sheet thickness ratio tp /t$ on the
flutter performance. These structures represent several combi-
nations of the patch/sheet materials characterized by the two
parameters pp/ps and Ep /Es and the results are shown in Fig.
5. For instance, pp /ps = 1.0 and Ep /Es = 1.0 indicates that the
patch and the cracked panel used are of the same isotropic
material. A stronger patch material and a weaker patch mate-
rial are represented, typically, by pp /ps = l.5,Ep /Es = 1.5 and
PP /Ps - 0.5, Ep /Es =0.5. The adhesive materials used in these
three structures are the same (pfl=0.674p5, £^=0.1 Es,
va =0.3). In order to verify the validity of the present crack
patching code, a test case of an extremely weak patch and
adhesive, pp/Ps = \Q-2

9 EP/ES = 1Q-6 and pa=pp, Ea=Ep9
which is expected to be very close to the unpatched case, is
selected.

Curves_l_, 2, and 3 in Fig. 5 approach, in the limit tp/ts-+Q,
the value Xc , corresponding to the uncracked panel. However,
for curve 4, the limiting Xc value tends to match that of the
unpatched cracked panel. The cause leading to these different

30-

ISOTROPIC CRACKED PANEL
WITH ISOTROPIC PATCH

Fig. 5 Critical dynamic pressure \c vs patch to sheet thickness ratio
tp /ts for square isotropic cantilevered panels with patched edge crack
in a normal flow: fa=0.01f5; pfl=0.674p5; Ea=Q.lEs; vs = vp = va
= 0.3.

Fig. 6 Critical dynamic pressure Xc vs composite filament angle 0
for square anisotropic cantilevered panels in a normal flow:

f. ^ o- .f i- r- / * * • . . " ""^J ^«= 0.01/5; pp = T ""

A'

FLUTTER

Pa = 1.124p5; Ep T; Ea p; vp =va =0.3.

0 2 4 6 8 10 12 14 16
0

Fig. 7 Critical dynamic pressure \'c vs orthotropic modulus ratio ft
for square anisotropic cantilevered panels at 0 = 0 deg in a normal
flow: Gir = 0.4£Y; ^£7 = 0.25; fp=0.1f s; f f l=0.01f5; pp = 1.667p5;
pa =1.124p5; Ep =3.333^r; Ea =0.1£p; ^p = i/fl =0.3.

limiting values of Xc, in the absence of patch, is attributed to
the strengths of the adhesive layer used. Recall that the adhe-
sive layer chosen for case 4 is extremely weak as compared to
the sheet material (this implies that the adhesive is negligible),
whereas in cases 1,2, and 3, the adhesive materials used are
much stronger. These results show that the adhesive layer also
plays a nontrivial role in the patching of the cracked panels.
For the present situation of no experimental data being avail-
able to compare with, the limiting cases of tp/ts^Q provide a
check on the correctness of the present crack patching model
and the finite element method developed.

Figure 5 also illustrates how effective crack patching is on
the improvement of the flutter boundary. For the first three
compound structures, the flutter performance is seen to be
recovered completely when cracks are patched up. The im-
provement of the flutter performance by crack patching is also
significant. For instance, if the patch is of the same material as
the sheet with tp/ts =0.5, the weight of the structure will in-
crease only about 5% but the critical dynamic pressure will
increase to almost a triple of the original uncracked value.

B. Aeroelastic Tailoring and Crack Patching

1. Effect of Composite Filament Angle
a) Uncracked panel. Figure 6 shows the effect of compos-

ite filament angle on the critical dynamic pressure of a
cantilevered panel in a normal oncoming airstream. Values of
the orthotropic modulus ratio, in-plane shear modulus, and
Poisson's ratio are chosen to be ft = 5 (J3 = EL /ET\ EL and ET
are the longitudinal and transverse Young's moduli, respec-
tively), GLT = Q.35ET, and *>Lr = 0.3. The present structural
instability phenomenon (curve 1 in Fig. 6) is found to be com-
plicated in trend. Not only flutter but also divergence type
instability occurs. In the present case, divergence appears in
the range around 46 deg < 6 < 79 deg, and elsewhere the flutter
takes place. Moreover, extremely high flutter and/or diver-
gence speeds are found around 0 = 82 deg. This phenomenon
of alternating flutter and divergence instability was not re-
ported in Rossettos and Tong's study,17 where only the flutter-
type instability is presented for a square cantilevered compos-
ite panel with filament angles running through 0-90 deg and
|8 = 2 (note that 0 = 5 for the present case). This provides a
good example for showing the complexity of the aeroelastic
instability trend introduced by the directional stiffness. It is
hard, and often inappropriate and dangerous, to give an over-
all general trend description of the aeroelastic behavior to the
composite structure prior to a thorough parametric study be-
cause the parameters of composites may change the instability
type and the entire structural behavior when exceeding some
critical values.
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Fig. 8 Critical dynamic pressure \'c vs orthotropic modulus ratio (3
for square anisotropic cantilevered panels at 0 = 45 deg in a normal
flow: Gi;r = 0.4£Y; ^r = 0.25; tp=Q,lts; fa=0.01*5; pp = l.661ps;
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Fig. 9 Critical dynamic pressure \'c vs orthotropic modulus ratio /3
for square anisotropic cantilevered panels at 0 = 90 deg in a normal
flow: GIT = 0.4£r; PLr = 0.25; fp=0.1f5; f f l=0.01f5; p/, = 1.667ps;
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b) Cracked panel. When an edge crack (crack length
0 =0.3£) is present, it is found that the aeroelastic perfor-
mance will deteriorate in general. The B range of the divergence
type instability is broadened and the extremely high flutter
and/or divergence resistance for certain 6 angle disappears in
the case of cracked panels. It is surprising to see that for
certain filament angle ranges cracked panel possesses larger
critical dynamic pressure than the uncracked panel, for exam-
ple, the ranges between 2 deg<0<27 deg and 91 deg<0< 105
deg in Fig. 6. This indicates that the aeroelastic resistance of
composite panels is not always weakened when a crack ap-
pears. This phenomenon is conjectured to be caused by the
alteration of structural mode shapes induced by the crack.
Usually, the directional stiffness of composites can generate
mode shapes that may be favorable or detrimental to the
aeroelastic performance, and when cracks are present, the sit-
uation becomes more complicated. Nevertheless, further in-
vestigation must be conducted before a precise explanation is
to be made about this phenomenon.

2. Effect of Orthotropic Modulus Ratio
a) Uncracked panel. The effects of the orthotropic mod-

ulus ratio |8 on the critical dynamic pressure for three compos-
ite filament angles 6 = 0, 45, and 90 deg in a normal oncoming
flow are depicted in Figs. 7-9, respectively, where j8= 1 corre-
sponds to the isotropic case. The results indicate that at 0 = 0
deg (Fig. 7) and 90 deg (Fig. 9), the critical dynamic pressures

increase when (3 increases. However, at 0 = 45 deg (Fig. 8), the
critical dynamic pressure first increases as (3 increases up to
around 0 = 4.3, and then drops abruptly to a value lower than
that of the isotropic case. Such a sudden transition is at-
tributed to the change of the type of instability, i.e., from
flutter to divergence. In this case, the use of composite materi-
als is usually no longer beneficial.

b) Cracked panel. Investigation on the effect of ortho-
tropic modulus ratio is again illustrated in Figs. 7-9 for three
composite filament angles, 0 = 0, 45, and 90 deg. There exist
some /3 ranges for which the critical dynamic pressure increases
rather than decreases as cracks are present (see the spikes
appearing in Figs. 8 and 9). These observations for composite
panels are not found for the isotropic cases,3 for which aero-
elastic performance is consistently weakened when a crack
exists. Generally speaking, the appearance of a crack may
induce an earlier transition of instability from flutter to diver-
gence or change the type of instability as shown in Figs. 8 and
9, which will result in a substantial decrease in the critical
dynamic pressure as /3 increases further.

3. Effect of Crack Patching
a) Anisotropic cracked panel with isotropic patch. In

Figs. 6-9, the effects of the use of isotropic patch are illus-
trated, where the critical dynamic pressures are plotted against
either the composite filament angle or the orthotropic modulus
ratio of the anisotropic cracked panel. All of the results show
that the curves of critical dynamic pressure for the patched
panels generally follow the same trend as those for the un-
cracked panels. Moreover, the magnitudes of the critical dy-
namic pressure usually are enlarged after patching when com-
pared to the uncracked and cracked panels. These indicate that
the use of isotropic patch may enhance the aeroelastic perfor-
mance of the anisotropic cracked panel.

b) Isotropic cracked panel with anisotropic patch. The
effect of composite filament angle Qp of the patch on the crit-
ical dynamic pressure of an isotropic cracked panel is illus-
trated in Fig. 10. It is observed that the improvement provided
by the composite patch fluctuates as the composite filament
angle varies. Except for a small filament angle range between
107 deg<0 /7<122 deg, using the composite patch is found
superior once tailoring is done correctly. For the present case,
the optimal tailoring of the composite patch occurs as the
filaments are oriented around 6P =64 and 159 deg.

c) Anisotropic cracked panel with anisotropic patch. The
case considered herein is a cracked panel and a patch made of
the same composite material. The free parameter, therefore, is
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Fig. 10 Critical dynamic pressure Xc vs composite filament angle
of patch Op for a square isotropic cantilevered edge cracked panel
with anisotropic patch in a normal flow: tp=Q.lts', f f l=O.OU5;

Pa=0.674p5; Ea=Q.lEs; EPT = Q.3ES; 0P=S; GPLT
PS = VpLT- *a =0.3.
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the relative composite filament angle between the panel and
patch. Figure 11 illustrates this effect by rotating the patch
while holding the panel filament orientation fixed. Generally
speaking, employing patch over cracked panel can almost
always improve the stability bound. It is also found that the
instability type for the patched cracked panel alternates when
the filament angle of patch moves across the four transition
points, i.e., O.p = 19, 48, 87, and 163 deg. Jumps of the critical
dynamic pressure take place at these transition points. An
originally divergence bounded panel can become flutter
bounded, and this introduction of instability type change pro-
vided by composite patching may remarkably improve the
aeroelastic performance.

IV. Conclusions
A finite element discretization of the sheet-adhesive-patch

compound structure, together with the aerodynamic piston
theory, is established to examine the effect of patching on the
panel flutter characteristics. Sufficient validity tests have been
performed and checked with the available computational data.
Excellent agreements in both free- vibration and flutter exami-
nations are obtained. A series of numerical studies have been
conducted for square cantilevered unidirectional composite
panels. The effects of composite filament angle and ortho-
tropic modulus ratio on the flutter/divergence characteristics
of panels with/ without cracks were examined first. The repair-
ing effect of patching on the flutter/divergence characteristics
of the cracked panel was then studied. As a whole, patching
can make the panel structure even more aeroelastically re-
sistant than before, but the optimal results can only be
achieved by a careful structural tailoring. Based on the para-
metric investigation performed, the following concluding re-
marks are made.

1) Effect of composite filament angle: For a cantilevered
panel, a particular alternating flutter-divergence-flutter type
instability, which is not observed in the isotropic materials,
shows up as the filament orientation varies.

2) Effect of orthotropic modulus ratio: In general, a higher
flutter boundary can be achieved by increasing the orthotropic
modulus ratio. However, reverse trend in critical speed may
occur if the instability type is abruptly changed.

3) Effect of crack: The flutter performance will deteriorate
once a crack appears in the isotropic panel. From the cases
studied in the present work, it was discovered, unlike the
isotropic panel, that the existence of a crack may sometimes
result in the increase of flutter or divergence boundary for
composite panels.

4) Effect of patching repair: The deterioration of the aero-
elastic performance due to a crack can be effectively cured by
means of isotropic or anisotropic patching with slight penalty
on the structural weight. The patching repaired panel can at
least retrieve the original aeroelastic characteristics, or achieve
a better performance if tailoring is done correctly.
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